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Nomenclature h = coeflicient of heat transfer, Btu/hr-ft>-°R
he = convective heat transfer coefficient, Btu/hr-ft>-°R
“linear” burning rate coefficient, r = aP" H,h = total and static enthalpies, respectively, Btu/lbm
flow area, in.? or ft? I, = propellant specific impulse, lbf-sec/Ibm; Ig = mea-
propellant burning surface area, in.? sured or deliverable value
grain port cross-sectional flow area, in.2 J = mechanical equivalent of heat = 778.16 it-1bf/Btu
nozzle surface area, in.? k = thermal conductivity, Btu/hr-ft-°R
= delivered characteristic velocity. In instantaneous ks = empirical constants and exponents (¢ = 1,2,...)

form, ¢* = g.P.A ./, fps Kn = Knudsen number
propellant specific heat, Btu/Ibm-°R K, = burning surface-to-throat area ratio, 4,/A4,
mass flow factor, Cp = g./c*, lom/Ibf-sec; or drag L = grain length, in.; L/D = grain length/diameter

coefficient on particle m = mass flow rate, /g, slug/sec
skin-frictional drag coefficient M = Mach number
delivered nozzle thrust coefficient, Cr = F/P.A, M = molecular weight, lbm/Ibm-mole
discharge coefficient, Eq. (33) n = linear burning rate pressure exponent
grain and throat diameters, respectively, in. Nu = Nusselt number
particle diameter, u P = pressure (static unless otherwise specified), Ibf /in.?
thrust, 1bf Py, = chamber stagnation pressure at burnout, 1bf/in.?
gravitational conversion, 32.17 lbm-ft/Ibf-sec?, where Pr = Prandtl number

1 1b force = 11b mass X 32.17 /g, i = heat flux, Btu/br-ft?
w/A, weight flow rate per unit of cross-sectional Q total heat loss, Btu

flow area, Ibm /sec-in.?

i

propellant “linear” burning rate, aP», in./sec
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p = propellant burning front progression rate, in./sec

I = radiug, in.; or gas constant, L2/, Ibf-ft/lbm-°R
R, = hydraulic radius, 24,/(port perimeter), in. )

R = universal gas constant = 1546 ft-1bf/Ibm-mole-°R
% = radius of curvature at nozzle throat, in.

Re = Reynolds number

3 = entropy, Btu/°R

Ly Iy = time and burn time, respectively, sec

T = temperature, °R

T e, Tw = adiabatic wall temperature and wall temperature,

respectively, °IR

% = velocity, fps

V,V. = volume and chamber free volume, respectively, in.*
w = grain web thickness, in.

8 = weight, lbm

w = weight flow rate = mg = pAw, lbm/sec

a = erosive burning rate proportionality factor, o =

0.0288 ks cpu®? Pr—087 5. (19); also initial
nozzle divergence half-angle, deg, Kq. (35); also,
Mach angle, deg, « = sin M, Tiq. (34); also,
Stefan-Boltzman constant, Tq. (39); also wall
inclination angle, deg, Eq. (38)

B = erosive burning rate constant, 8 = (G Inho/h)/mp,
Eqg. (19); also, nozzle entrance convergence half-
angle, deg

v = ratio of specific heats

b) = burning rate augmentation term, Eq. (13)
€ = nozzle exit to throat area ratio, A./4 .

& = instantaneous erosion rate, in./sec

€r = particle cloud emissivity, Eq. (39)

Ocr = nozzle exit plane lip angle, deg

A = divergence loss factor, Eqgs. (35) and (36)
m = gas viscosity, lbm /ft-sec

Tk, Tpir = temperature sensitivities of pressure at particular
values of K, and P/r, respectively; =x =
(O 11’1P/OT)K,” and TPy == (D IIIP/OT)P/T

PP = gag density, lbm/ft3, and propellant density, Ibm/
in.% respectively
ok, op = temperature sensitivities of burning rate at particu-

lar values of K, and P, respectively; ox =
(0 Inr /0T )k, annd ap = (O Inr/07T)p

" = residence time, sec

@ = angle between local velocity vector and motor center
line, deg

" = stream thrust/flow area = P + pu?/g., Ibf/in.?

Superseripts

! = conical nozzle point source model parameters

0 = theoretical value

Subscripts

a = ambient

bem = ballistic evaluation motor

bl = bhoundary layer

¢ = local stagnation combustion chamber

e = nozzle exit plane

fsm = full-scale motor

q = gaseous combustion products

7 = ideal; or initiation of shock-turbulent boundary-
layer interaction

ig = igniter

ine = incompressible

mem = material evaluation motor

0 = condition of motor and propellant just before ignition

P = propellant (except A, = port area and D, = particle
diameter)

ref = value at reference couditions

s = separation

{ = nozzle throat

v = threshold value

vac = vacuum

Introduction

HIS paper reviews state-of-the-art techniques for pre-
dicting performance of contemporary solid rocket motor
designs. Analytical techniques used in these predictions
mathematically model 1) the generation and flow of combus-
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tion products within the combustion chamber; 2) propellant
ballistic characteristics; 3) the influence of combustion
chamber conditioning and operational environments on these
propellant parameters; and 4) nozzle performance param-
eters, throat area, and thrust coeflicients. Effects of tem-
perature, pressure, mass addition, “‘erosive’” burning, and ac-
celeration on motor ballistic performance are treated for
both steady-state and transient conditions. This review
encompasses specific impulse and nozzle performance pre-
dictions, as well as burning rate and specific impulse testing
and scaling. Combustion instability is another important
facet of rocket design and performance prediction, and all
rocket programs should include an early assessment of the
combustion instability question, using available prediction
techniques such as reviewed in Refs. 2 and 3. However,
further disecussion of combustion instability is beyond the
scope of this survey.

Internal Flowfield Modeling

Three distinet phases, ignition, quasi-steady state, and
bleed-down (or ‘“‘tail-off’”) are seen in typical thrust- and
pressure-time histories of contemporary solid rocket motors.
Prediction of combustion chamber gas flow and mass genera-
tion for each is based on one-dimensional gasdynamic and
thermodynamic relationships with proper consideration for
conservation of mass, momentum, and encrgy.*—*

Steady-state gasdynamie relationships are used to deseribe
motor performance during that phase in which the rate of
change of chamber pressure is too small to influence ballistic
parameters. Interior ballistics under this condition (quasi-
steady-state) are predicted by one of two methods. Both
assume a one-dimensional, adiabatic flow that complies to
the perfect gas law and exhibits negligible friction losses.
The first is applieable if pressure is essentially constant
throughout the combustion chamber. It is used with end-
burning grain configurations and with radial burners of low
volumetric loading in which the Mach number in the grain
port is low enough that pressure drop along the length of the
erain is negligible. Under these conditions (Ref. 8, p. 239)

P, = (AbaPPC*/A 190)1/(1771) (1>

The second method is required with the occurrence of
significant pressure drop along the axis of flow typical of a
higher-performance motor with low port-to-throat area ratio.
A one-dimensional, steady-state model is assumed,; and the
gas flow is evaluated incrementally as depicted in Fig. 1.

Applying the momentum equation to this element and
assuming steady flow,

P2 = P1 — 2(77‘12’112 —_ ?hlul)/(Al + Ag) (2)

A series of these inerements is assumed down the length of the
grain. Variations in flow area, burning surface area, and
burning rate may occur between increments. The usual
procedure is to approximate a head-end pressure by Eq. (1)
and thus establish the gas generation conditions at that
point. (Combustion product addition is at zero longitudinal
velocity, Fig. 1.)  Mass flow rate, port flow area, and approxi-
mated pressure are then used to predict the gas velocity and
the mass being generated in the second increment, ete., until
a nozzle-entrance pressure is obtained. Predicted nozzle
entrance stagnation pressure calculated from the energy
equation assuming isentropic flow

P. =Pl + (w¥/vg.RT)(y — 1)/2]/<r =1 (3)

is compared with that calculated from the continuity equa-
tion

c¥ i=n (AVp)i c*
=, - = R 4
P, mtAt |ipzz ,,,;1 At ] Atgc ( )
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This incremental evaluation and summation is repeated until
these two values agree typically to within +0.5%. Thrust
is caleulated by combining the resulting P, and mass flow
rate with the proper propellant and nozzle parameters

F = PchCF = wplspd (5)

This procedure is repeated for each interval of burn time for
which motor thrust, pressure, and mass flow rate values are
predicted.

Transient Performance

The rate of combustion product generation must equal the
nozzle mass discharge rate plus the mass rate of accumulation
in the chamber;

ppAbTb = b + d(PcVn)/dt (6)

In applying this equation, it is frequently assumed that
changes in V,, combustion temperature T, and characteristic
velocity ¢* are negligible. Then Eq. (6) can be expressed as?

dP./dt = (ppAsyrs — APLCo)RT./V, (7)

For incremental analyses, Eq. (2) is modified for transient
flow to account for mass stored within each control volume.
Then

i=n d VC ;
W = Z I:PpAbini - lp(;tﬁ):l )]
=1

The variation of V., due to propellant consumption is
significant in certain applications. A successful technique
has been to express V. as a function of initial volume V.,
burning surface 4,, and grain web thickness w't:

Ve = Vo + SAdwdw (9)
Substitution of (9) in (6) yields
dP¢/dw = (ppAb _ AzCDPcl_n/a) (RTC/VC) - A4bpc/V6 (10)

Ignition transient predictions must consider weight flow
from the igniter (1,), and the rate of flame propagation over
the propellant grain burning surface [4, = A,(f)], so that
Eq. (7) becomes®

dP./dt = [y + roppds(t) — PACDIRT,/V. (11)

It is assumed that 1) 7. and P, are uniform throughout the
motor, 2) perfect gas laws are valid, 3) igniter gas has the
same temperature and heat capacity as propellant gas, 4)
Au(?) is a function of flame propagation rate,’? and 5) the
nozzle throat is choked (M, = 1).

The w;, predicted from ballistic analysis is generally con-
firmed by igniter demonstration firings,? and rep,45(f) is
calculated from an incremental element analysis; 4,(¢) is in-
fluenced by the dependency of 7, on chamber pressurization,
mass flux, grain temperature, and vehicle acceleration as
well as ignition flame spreading rate. Although ignition
theories exist, prediction of flame spreading is character-
istically based on empirical data from past correlations.

Bleed-down accompanies the significant reduction in A,
typically encountered with propellant burnout or boost-
sustain type transitions. XEquation (7) is used, and the
possible influence of depressurization on 7, is acknowledged.
After propellant burnout, the first term of Eq. (7) drops out,

(
Fig. 1 Incremental
flow control volume. oy~ i, u

P, + P
1 2 h @ =0
2 ) (ag=ag ooy
Py
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Fig. 2 Burn-time definition.

and the resulting expression can be solved for P. as a function
of bleed-down time:

P, = Py exp(—RT.ALCpol/V,) (12)

Burning Front Progression

Propellant burning rate 75 depends on propellant composi-
tion and conditioning, combustion chamber environment, and
vehicle dynamics. Since P, usually has a strong effect on ry,
empirical expressions of the form

re = aP(1 + 8) =r(1 + 8 (13)

are often used. Here r == aP." is called the “linear” burning
rate, and the “augmentation” term & accounts for an effect
of vehicle spin, erosive burning, or some other phenomenon.

Linear Burning Rates

Current practice is to determine r over specified operational
pressure and temperature ranges utilizing small ballistic
evaluation motors (BEM’s). The BEM’s used throughout
industry differ in size, grain configuration, and burning
duration. They are typically 2 in. to 6 in. in diameter and
provide near neutral pressure traces with sharp tail-offs.
Grain web thicknesses are kept small to minimize the effects
of thermal shrinkage. The port-to-throat area ratio 4,/4;
is generally greater than six to minimize the influence of
erosive burning. Some BEM’s are designed purposely to
produce nonneutral pressure traces to permit evaluation of
r(P.) in a single firing. Although this reduces the number
of BEM’s required, it does not provide as accurate a deter-
mination of the pressure exponent n.!

Burning rate is determined by dividing propellant web
thickness w by burn time %&. While w is readily measured,
establishment of # involves the identification of surface igni-
tion time and web burnout time on the pressure-time trace
(Fig. 2). Several techniques are used,’®~* and no one has
proven superior in all applications. The surface ignition
time has been identified with various points on the primary
rise portion of the trace (Fig. 2): 1) the inverse tangent-
bisector (point A), 2) a fixed pressure or a fixed percentage
of the average or maximum pressure (point B),516 3) the
initial inflection (point C), or 4) the tangent-bisector (point
D). Web burnout time has been identified with 1) the aft
tangent-bisector (point E),13:1% 2) the point of maximum rate
of change of curvature during tail-off (point F),'41% or 3) a
fixed pressure or fixed percentage of the average or maximum
pressure (point G).'* One method? that may minimize
motor-to-motor variations (due to sliver or nozzle erosion
effects on the tail-off, for example) is to determine burn time

by
H E
th = (ts — ip) fo Pcdt/ f Pt (14)

Ballistic motor rates frequently must be secaled 19, to 3%,
to correlate with full-seale motor (FSM) rates.16:18:1%  Where
the diameters of the FSM’s were an order of magnitude larger
than those of the BEM’s, 59 to 7% scale-up has been re-
quired. Largest values were required for FSM'’s with
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fiberglass cases, where changes in w oceur due to combined
propellant and case expansion upon motor pressurization.
Another strain-indueing factor is propellant thermal shrink-
age. Doth factors lead to a slight reduction in w and fre-
quently to an increase in A,. Failure to acknowledge these
factors analytically accentuates the apparent scale-up.
Reviews'® 16 of discrepancies between BEM and FSM rates
have concluded, however, that the primary contributor to
the disagreement is inconsistent definition of BEM burn
time.

Figure 3 depiets various r,(P,) characteristics. The
straight line represents de Saint Robert’s linear burning
rate equation, r = aP..  Propellants showing a region of
markedly reduced pressure exponent n are known as ‘“pla-
teau” propellants. Certain double-base propellants con-
taining small amounts of lead eompounds and some polymer
binder-ammonium perchlorate composites exhibit a reduced
n.%  Propellants that show negative values of n over short
pressure ranges are known, from the shape of the curves, as
“mesa’’ propellants.

The number of tests employed to establish r:(P,.) depends
on prior experience with similar propellants, the apparent
linearity (or lack of it) over the pressure range of interest, the
desired probability and confidence levels, and program
economics and scheduling. Review of industrial practice
indicated that over a pressure range in which ¢ and n remain
constant, a minimum of seven motors are fired at motor
nominal operating temperature (two each at the lowest and
highest expeeted P.’s and three at the nominal P,), and five
are fired at the expected temperature extremes. A large
operating pressure range, as encountered in boost-sustain
applications could require additional tests, because certain
basically linear burning rate type formulations have ex-
hibited significant variations in n at extremely low and high
pressures. Such variations appear to be more prominent
for formulations with relatively low burning rates (r, <
0.6 in./sec at 1000 psia and 70°F).

BEM data are used to determine empirical coefficients
(w, 05, ok, wpr,) that describe the sensitivity of 7, and P, to
propellant conditioning temperature, To. The most fre-
quently used coefficients, o, and m, are related by

Gp = (l - n)rk (15>

In motors where pressure drop in the chamber is not large
the effect of Ty on P, is calculated by

P, = Prerexplmi(To — Trer)] (16)

However, in analyses involving significant flow velocity in
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the grain port, motor performance is better evaluated by -
consideration of T’ effects on the burning rate coeflicient a by

@ = Qe eXPloy(To — Trer)] an

Typical values range from 0.05 to 0.129,/°F for ¢, and 0.1
to 0.29,/°F for m; for composite propellants. For nitrate
propellant values of 0.1 to 0.29%/°F and 0.2 to 0.4%/°F,
respectively, are typical.

With low A,/A4. erosive burning becomes important,
especially in the prediction of the high pressure peak accom-
pauying ignition. Nonuniform surface regression that results
down the length of the grain also influences tail-off char-
acteristics. It has been noted* =% that 1) slow-burning pro-
pellants are more erosive than fast-burning propellants, 2)
there is a threshold gas veloeity and mass flux (Fig. 4) below
which erosive burning does not oceur, but it is not known
whether the threshold value is a real or an apparent effect,
3) temperature of gas in the flow conduit appears to have
no effect on erosive burning, and 4) propellant grain geometry
influences erosive burning. Gas velocity, mass flux or Mach
number values at which augmentation begins are frequently
related to operating pressure semi-empirically. Sueh an
expression for mass flux is

Gw = kl + k‘zl)ck3 + k‘lpck'S (18>

In treating erosive burning analytically one of the most
successfully used semiempirical expressions was developed by
Lenoir and Robillard.*® Their model combines aspects of
fluid flow and heat transfer and postulates a central core of
flowing combustion gases surrounded by transpiring pro-
pellant walls. The augmentation term & in Eq. (13) is re-
lated to heat flow acting through convection and thus de-
pendent upon combustion-gas flow rate. The following
burning rate expression results:

7y = r[l + aG%® exp(—Brip,/G)/rL02] (19)

where 8 is a proportionality constant in relationship between
the heat-transfer coeflicient » under conditions of transpira-
tion and the coefficient A, for zero transpiration, i.e., & = hg
exp(—Orip,/@), and where o == (0.0288kg)c,uo-2Pr 087 and
results from the postulation that 6 = keh/r and utilizes the
Chilton-Colburn expression for turbulent flow over a flat
plate, i.e., hg = 0.0288Gc, Re°-2P, 0.5,

However, empirical expressions typified by those of Kreidler
and Peretz or Saderholm have been used effectively. Kreid-
ler’s expression? (recently examined by Peretz®) is

s = r{l + k(@ — G.)/P"5] (20

Saderholm? has related r, to P, and Mach number empirically
by

. {T(]W/Mw)k’, for Mo < M < 0.5 -

k(M Po)*, for M > 0.5
Recent data reported by Viles® (Fig. 5) indicate a relationship
such as
Ty = r{Pc/E1)T@ for P, > ky (22)

Motor designs used in erosive burning tests are 1) high
L/D motors with low A4,/4, in which static pressures fore
and aft of the grain are measured®.%:31 and 2) propellant

Mach Number

CTPB, 10% A1 0.3 Fig. 5 Typical

2 effect of Mach

Ty /M number and pres-
M sure on burning
______v_______o___"'_m_o rate augmenta-

heeruarn AN : tion.*
500 500 1000 2000

Pressure at nozzle end of motor, psia
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slabs, flat or eylindrical, downstream of a larger gas gen-
erator.2.2.% The generator and slab propellant are the
same; pressures are measured fore and aft of the slab; and
pressures, mass flow, and Mach number are varied by geo-
metrical changes in A, generator burning surface, and flow
area past the slab. Erosive burning rate augmentation
demonstrated in these tests is frequently scaled to predict
full-scale motor augmentation using a ratio of the hydraulic
radii,

stm = Bbem(b?hbem/lg"fsm)o‘2 (23)

The hydraulic radius has also been used quite successfully
by some in place of grain length L in Eq. (19). This sub-
stitution has provided better correlations for narrow-slotted
grain designs.

Pressure Augmentation

Von Elbe?? originally developed the burning rate pressure
transient relationship

Ty = 7‘[1 + (kl3nkp/cpppr2pv) (ch/dt)] (24)

For the value of ks, Von Elbe uses 2.0. With chamber
pressurization, the effective regression rate is higher than
the steady-state burning rate for the corresponding in-
stantaneous pressure. Likewise, with chamber depressuriza-
tion, the regression rate becomes less than that for steady-state
conditions. Other investigators such as Paul et al.?® and
Parker and Summerfield®* have developed similar relation-
ships. These differ basically only in the value of the pro-
portionality constant kiz; Paul et al.®® use 1.0, and Parker
and Summerfield**use 0.5.

Spin Augmentation

Burning rate augmentation produced by the spinning of a
rocket motor about its longitudinal axis has been the subject
of numerous studies. These studies, excellently reviewed
in Refs. 35 and 36, reveal that augmentation is influenced by
acceleration level, orientation of burning surface to accel-
eration vector, and metal content and particle size (Fig. 6).
Empirically burning rate for the condition of spin has been
expressed as¥

ro =r[l + F(gF(0)] (25)

where F(g) and F(6) are functions of acceleration and surface
orientation, respectively. Because of these dependencies,
BEM’s should be scaled replicas of FSM’s. However, very
valuable data can be obtained if propellant slabs are used as
discussed by Northam.® Whitesides and Hodge®® have
recently prepared an internal ballistic computer program to
treat effects of spin in pressure- and thrust-time predictions.

A recent compilation of rocket motor spin data,® indicates
that centrifugal accelerations as low as 10 ¢ directed per-
pendicularly into the burning surface of metallized solid pro-
pellants will: 1) increase ignition delay, 2) increase P, and
decrease #;, 3) extend the tail-off burning period, 4) increase
motor burnout mass through deposition of aluminum (oxide)
on the chamber/nozzle walls, and 5) increase thermal protec-
tion requirements for the motor closures through increased
convective heat transfer. Increased P, and decreased & may
be attributed to spin-induced burning-rate increases in radial
burners. In end burners, surface area increases have been
identified with propellant coning. The coning in turn has
been related to a possible increased burning rate due to in-
creased strain at the grain center (discussed in following
section) and/or to the occurrence of a centerline vortex for
motors with conventional converging-diverging nozzles.

Although certain analytical techniques have been de-
veloped,®® their use in internal ballistic predictions is not
currently considered state-of-the-art. This survey® led to
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the following conclusions with regard to combustion chamber
environment: 1) rotation reduces the discharge coefficient;
2) recirculating, viscous flow patterns can be established,
and the boundary layer transports significant portions of the
mass from one area of the flowfield to another; and 3) rotat-
ing flow establishes pressure gradients that may alter the
local burning rates and can affect the combustion zone by
retention of solid phases on the burning surface.

Strain Augmentation

For certain propellants, tests have indicated a strain-
induced increase in 7 related to the compressibility of the
propellant.’:#.41  The more compressible the propellant
(i.e., the greater the reduction in Poisson’s ratio from the
incompressible value of 0.5), the more significant was the
inerease in 5. It should be noted, however, that a few tests
revealed an opposite trend.#

Delivered Specific Impulse

Delivered specific impulse (Zspq) dependency not only in-
cludes 1) nozzle performance, 2) ambient condition, and 3)
available combustion energy of the propellant, but also 4)
energy lost from combustion gases to motor hardware, 5)
extent of veloeity and thermal equilibrium attained by
gaseous and solid exhaust products, 6) combustion efficiency,
i.e., the relative completeness of combustion in the motor
chamber, and 7) contribution of discharged inerts. Maxi-
mum theoretical specific impulse, I.,° is predicted utilizing
Gibbs minimization of free energy and assuming a one-
dimensional, perfect thrust chamber, shifting equilibrium,
and a totally gaseous medium. References 42 and 43 pro-
vide brief, comprehensive reviews of computer programs
used by industry for these predictions.

Figure 7 is a typical example of the relative influence of the
factors that contribute to the difference between [0 and
Jopa. Techniques to evaluate most of the loss factors are
available. However, only limited studies have been made
for prediction of losses associated with combustion ineffi-
ciency and finite-rate chemical kinetiecs in a two-phase,
axisymmetrical or two-dimensional flow. Particle-lag losses
reflect mostly in characteristic velocity ¢* rather than the
thrust coefficient Cp. In fact, for large fractions of particles,
Hoglund** has shown CFr increasing with the magnitude of
lag for certain ranges of particle size. Thus, ¢* cannot be
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used as a measure of combustion efficiency for particle-laden
combustion products. Most of the lag develops just up-
stream of the nozzle throat (sonic point) where the limiting
mass flow is determined.*®

Analytically predicted propellant performance is currently
substantiated by BEM tests. These motors simulate, as
closely as practical, conditions under which the full-scale
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motor will operate. This demonstrated performance is in
turn scaled to deliverable FSM performance values by use
of experimentally established data such as that shown in
Fig. 8 or by analytical assessment of each loss factor as in
Refs. 46 and 47.

Analytical Prediction

A limited number of computer programs presently combine
thermal energy conversion and certain detailed flow caleula-
tions. Two such programs have been prepared by Kliegel
et al., for the analytical prediction of specific impulse of two-
phase media. The first is a one-dimensional, two-phase,
reacting-gas, nonequilibrium performance program,? and
the second treats an axisymmetric two-phase flow assuming
a perfect gas® (i.c., gas phase expansion is treated as having a
constant molecular weight and specific heat ratio). The
one-dimensional program is completely self-contained, re-
quiring specification only of the propellant system (elemental
composition and heat of formation), relaxation rates, and
nozzle geometry. The composition and heats of formulation
data can be obtained from JANAF (Joint Army, Navy, Air
Force) standard tables,” and some relaxation rate data
have been published.’? The program allows simultaneous
consideration of both chemical and gas-particle relaxation
losses in propellant systems having condensed exhaust prod-
ucts. It is written in FORTRAN IV and allows equilibrium,
frozen, and kinetic performance calculations to be performed
during a single machine run.

Except for Kliegel’s one-dimensional nonequilibrium pro-
gram, the analytical prediction of Ispa of a two-phase medium
is made by degrading [° calculated assuming infinite-rate,
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Fig. 8 Typical effect of
mass flow rate on test
motor I,q efficiency
for various propellants
and geometries.®
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shifting equilibrium. The programs developed at the NASA
Lewis Research Center by Zeleznik and Gordon®35* are
typical of the thermochemistry programs used in I, caleula-
tions. In general, thermochemistry programs caleulate

I = ue/g. + AdP. — Pa)/ty (26)
where
ue = [2J(H, — heo)/g.]V? (27)
and
Wy = ped il (28)

where p, is obtained from the equation of state. Asreviewed
briefly in Ref. 48, the determination of the chamber enthalpy
H, requires an iteration procedure where T is varied until
H. is equal to the potential enthalpy of the propellant H,.
Each time a new T. is selected during the iteration, the
chemical composition is determined so that the total free
energy of Gibbs function of the gas mixture is minimized.
The theory of minimizing the free energy includes both gas
and condensed specics. Chamber pressure is held constant
during the iteration process. After 7. has been determined,
the entropy s. of the mixture is calculated. To find the exit
static enthalpy h., the exit pressure P, is set, and isentropic
expansion along the nozzle from the chamber to the exit
plane is assumed; then T, is varied until s, = s.. Again,
each time a new 7T, is selected during the iteration, the
chemical composition is determined by minimizing the total
free energy.

If T.a data are available, an empirical factor (Tspa/Isp,
Fig. 8) can be used to adjust I:,0. Alternatively, delivered
Cr and c¢* values and efficiencies are required. Delivered
thrust coefficients are calculated using the gas dynamic
analysis techniques, particle size, drag coefficients, ete. (i.e.,
as done by Crowe et al.® and Hoffman and Lorene®). This
is discussed later under nozzle performance. Crowe et al.*
found eombustion efficiency to be very sensitive to residence
time and pressure. Regarding P, sensitivity (Fig. 7), the
following trends were noted: 1) divergence loss is constant;
2) two-phase loss increases with pressure due to increased par-
ticle size; 3) based on Bray’s sudden freezing criterion,®
recombination loss decreases with pressure and approaches a
constant magnitude, indicating reactions are nearly complete
when the composition “freezes”; and 4) boundary layer and
heat losses decrease slightly with increased P, and throat
radius according to

AZSp/ISp ~ k14<PcR t) 0.2 (29)

Theory and experiment agreed well at high-pressure levels.
At lower levels, however, demonstrated performance was
considerably less than that predicted. Crowe conecluded
that residence time, defined as

TR == poVe/ U, (30)

was the factor contributing to this additional loss. In these
tests, V. was increased to increase burning surface and opera-
tional pressure levels, which also resulted in an increased
residence time. Small 7z, corresponding to low P, in Fig.
7,* mplied incomplete combustion. This is corroborated
further by earlier data also shown in Fig. 7. These data are
for the same propellant and nozzle geometry and scale, but
Tr was 759, greater. Analytical models and techniques
have not proven satisfactory for predicting combustion
efficiency for all types of propellant, although a correlation
in combustion efficiency between strands and small motors
has been reported.” Combustion efficiency, therefore, re-
mains an experimentally determined factor.

* With n < 1, w, decreases by a smaller percentage than P, and
pgy 50 that rg decreases as P, decreases.
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Demonstration

In some instances, BEM’s are scaled replicas of the FSM,
especially in the design of extremely large solid propulsion
systems.® However, BEM’s are more frequently of a simple
design. Characteristically, they are radial burners, similar
to those described in Ref. 48 and 59, and comply to the
recommendation of the ICRPG Static Test Working Group. *
The design should provide a neutral pressure-time trace
(within £109,); a sharp tailoff, burn time > 87% of action
time, and tail-off pressure integral < 59 of action time
pressure integralf; and 4,/4, > 6 and L/D < 2 to minimize
erosive burning influence. Burning duration should be
short (2-10 sec) to minimize heat loss and nozzle erosion.
Nozzle throat insert material and size should be selected to
minimize throat erosion and produce a P. within =109, of
the FSM operational value. Nozzle geometry is typically
conical, with a divergence half-angle of 15° £ 0.5° and an
expansion ratio slightly less than optimum to guarantee full-
flow attachment throughout motor equilibrium burning.
To permit an accurate measurement of propellant specific
impulse, unwanted mass flow contributions due to inerts are
avoided by the use of little or no liner. Consumed weight
should be confirmed by prefiring and postfiring motor weight
measurements. A propellant weight of about 50 Ib is desir-
able to permit satisfactory scaling to large motors. For
smaller FSM’s (D < 30 in.) satisfactory scale-ups have been
made from BEM’s with 5-1b to 10-lb propellant charges.
Examples of ballistic evaluation motors that meet these
general requirements are the AFRPL (Air Force Rocket
Propulsion Laboratory) BATES motor®® and the Rohm and
Haas 6C5-11.4 motor.1?

Rohm and Haas,”® Crowe et al.,** and Peterson® have
conducted rather extensive tests to determine the primary
considerations necessary in scaling Iepa. These studies con-
cluded that calculated two-phase flow losses, when combined
with nozzle divergence losses and experimentally determined
heat losses for the BEM’s, correctly account for most of the
difference between Is,° and Isa. These factors plus re-
combination, submergence, frictional, ete., loss factors, and
the contribution of inerts are evaluated for the FSM to pre-
dict I Reference 61 contains charts by which one can
quickly and reliably predict the magnitude of performance
loss due to two-phase flow in the nozzle. Evaluation of these
factors is discussed under nozzle performance. The magni-
tude of inert products discharged during motor firing is pre-
dicted by heat-transfer analyses. Empirical values are often
used for the I, of this inert material; they range from

inert
120 to 200 lbf-scc/Ibm®? and depend on the oxidation ratio,
i.e., the oxygen available within the chamber to support com-
bustion of inerts. One accepted practice for inert liners
having the same binder as the propellant is to use one-half
the value of the propellant’s I.,°. Gordon®® developed an
expression to relate insulation loss due to pyrolysis or erosion
to the inerease in Jepa.

Nozzle Performance

Throat Area Variations and Surface Roughness

Data used in predicting 4, variations are typically based
on detailed heat transfer analyses and supported by subscale
and/or material evaluation motor (MEM) tests. As much
as 2.5%, loss in [, efficiency has been attributed to nozzle
erosion by burnout of a 55-sec duration motor.# This effect
includes reduction in expansion ratio € and increased surface
roughness.

1 Refer to Fig. 2; action time = tx — &; & may be defined by
Eq. (14). These stated constraints are desirable but may be
relaxed, particularly with respect to tail-off, in early stages of
development with new propellants.
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Nozzle evaluation tests are conducted to verify or provide
inputs to detailed heat-transfer analyses®* as reviewed by
Wong.% In such tests exhaust gas species P, and w/A
duplicate those expected in the full-scale motor. Lack of
exact duplication of the latter two parameters can be approxi-
mated by scaling erosion rates utilizing Bartz’s%® simplified
equation

€ = Emen(Le/Lenen) " *(D tnen/ D) @1

Decreases in A, are encountered when 1) nozzle inserts
fabricated from noneroding material such as tungsten ex-
pand under continuous heating or 2) metal oxide is deposited
on the nozzle throat surface during motor firing. Deposits
are discharged when either the nozzle surface temperature
attains the melting temperature of the metal oxide or the
gasdynamic drag forces exceed the strength of the deposition.
This deposition problem usually is neglected in initial per-
formance predictions of a motor design.

Thrust Coefficient

For one-dimensional, isentropic flow in an idealized con-
verging-diverging nozzle, thrust coefficient is expressed as’

22 2 (r+1)/(v=1)
com (25 ()
vy—-1\y+1

P\ =D/ 12 P, — P,
-G ()

Maximum Cr; corresponding to any fixed pressure ratio
P,/P, is achieved when P, = P,; vacuum conditions corre-
spond to P, = 0.

Considerable demonstrated motor and nozzle efficiency
data have been accumulated by industry for contemporary
designs. Frequently this has made it feasible to simply
adjust Cr; by previously demonstrated efficiencies to rather
accurately predict nozzle performance for new but similar
design applications.

Detailed prediction of delivered Cr for contemporary solid
rocket motors requires analysis of high-temperature subsonie,
transonic, and supersonic flowfields in which a two-phase
medium, chemically in nonequilibrium, is gaining momentum
through expansion. Simultaneously, the flow is losing
energy due to friction, heat transfer, and radial expansion.
The differential equations required to express this flow are
elliptical in the subsonic regime; mixed in the transonic
regime, 0.8 < M < 1.2; parabolic at the sonic condition; and
hyperbolic in the supersonic regime. As a result Cr is often
caleulated in two parts. The first is dependent on the dis-
charge coeflicient,

m(across transonie control surface)

Cw = m (for 1 — D flow through 4;at M = 1)

33)

Mass flow rate at the throat is predicted by numerically
integrating the flow across the transonic control surface.
Then the transonic control surface flow characteristics are
used as inputs to a method-of-characteristics analysis of the
supersonic flowfield in the nozzle exhaust cone. Total nozzle
thrust coefficient is computed by summing the thrust at the
transonic control surface and the pressure forces along the
nozzle wall or by combining the total mass flow rate and the
calculated velocity field across the exit control surface.S7—%
For vacuum conditions, this latter approach gives®

_ Re/Rt | P putsina cose | R (R
Crie = 27 fo {Pc + P.g.sin(e + a) } R;d <Rz> (34)

For conical nozzles the effect of nonaxial exhaust veloeity
is frequently treated by correcting by a divergence loss factor
A-72 With point-source flow assumed, N is expressed as

A= (1 4+ cosa)/2 (35)
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Fig. 9 Divergence efficiency for conical nozzles.

As pointed out by Rao™
Oﬂ‘mmmd = )\C'Fe (36)

where C’r, is calculated as in Eq. (32) but the exit pressure
P’, and expansion ratio e’ are properly based on exit cone
spherical area A, and critical area A’; corresponding to the
mass flow through the nozzle. Figure 9 compares the A\
values predicted by Eq. (35) for conical nozzles with diver-
gence loss factors predicted using two-dimensional, method
of characteristics analyses as functions of € for various «’s.
The latter set of data*® includes both the effects of non-
axially directed momentum at the nozzle exit and the throat
curvature effect on the discharge coefficient.

Momentum losses incurred upstream of the nozzle throat
significantly affect Cw. Qualitatively, entry contour and
contraction ratio limitations account for 309, to 909 of these
losses. %78 Viscous effects can account for 59, to 109
and submergence 25%. Submergence losses as reported by
Kordig and Fuller™ were relatively more significant. How-
ever, their study combined entrance loss factors. More re-
cent data, Fig. 10, have isolated the influence of submergence,
per se.™®

Figure 11 illustrates a typical distribution of momentum
losses as influenced by A. (hence motor size; e is fixed).
Contemporary analyses were used by Crowe et al. to correlate
with the motor data shown therein. Condensation and shock
losses, estimated by some as 0.3 and 0.29, respectively, can
account in part for the correlation differences.

Two-Phase Flow

The effect of metal oxide particles in the exhaust products
of solid rocket propulsion systems (Fig. 12) has been the sub-
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Fig. 11 Typical effect of throat diameter on vacuum
specific impulse efficiency (Ref. 1, adapted from Ref. 46).

ject of many reviews.144% Losses result because of the
velocity lag of the particles and their failure to transfer
thermal energy to the gas. They gain motion only from
drag forees exerted by combustion gas, and they transfer heat
to the gas primarily by convection.

Programs have becn prepared to analyze the flow of gas
particles in one-dimensional,'?.4.81.78 and two-dimensional
and axisymmetric nozzles.®7% As indicated in Ref. 42,
other programs exist, but many have not been documented
in the open literature. As with these documented referenced
programs, their degrees of sophistication differ considerably.
Finite-rate performance losses and nozzle boundary-layer
and heat losses are not generally treated in these programs
but are assessed separately.

Various analytical techniques are combined in solving the
gas-particle flowfields. Two-dimensional potential flow
theory™ is applied in the solution of subsonic flowfields.
However, the governing equations for gas-particle mixtures
are elliptic in nature; thus, approximations assuming one-
dimensional type flow or two-dimensional incompressible
flow are often used. Analytical techniques used to predict
two-phase flow in the transonic region are based on theory
assuming a perfect gas but with the gas characteristics modi-
fied to account for the condensed phase.®7™ Tor larger
nozzle entrance radii, B*/R, > 2, and perfect gas flow, series
solutions in terms of R* R, and v have resulted from
analyses of Oswatitsch,® Sauer,s! and Hall.32 Anapproximate
method®? for the transonic flow solution with smaller radii
of curvature is an inverse solution of the transonic flowfield.
For example, the calculated velocity distribution is adjusted
until the boundary streamline corresponds to the desired real
boundary. Steady irrotational, adiabatic, and shock-free
flow of a perfect gas with constant specific heat is assumed in
these analyses. As noted by Kliegel® all the characteristics
of the governing flow equations are real if the flow is super-
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Fig. 12 Typical effect of condensed metal oxide in exhaust
on test motor Lyq efficiency.®
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Table I Drag coefficients for spherical particles

Semiempirical expressions Ref.
24 -
Cp = ==, where (R < 1.0) 94, p. 97
Re
Cp = 1%4«;»(1 + 31?’), where (R < 5) 94, p. 98
Cr = OO (1 4+ 7.5Kn)(1 4+ 2Kn) 4+ 1.91Kn? 45
D= P (1 + 7.5Kn)(1 + 3Kn) + (229 + 5.16Kn)Kn?
o 2 11 4 0.15Re" '} {1 + exp[(0.427/M4%3) — (3.0/Red%)] } 38
D™ pe 1 4+ (M)/(Re)[3.82 + 1.28 exp(—1.25 Re/M)]
) s g M R{M) ) .
Cp = (Cpie — 2) exp[~3-01(v)‘ 7 g(Re)] + gy XP(—Te/2M) 2
where logy g(Re) = 1.25{1 4+ tanh(0.77 logpRe — 1.92)] 93

and R(M) = [2.3 + L7(T,/T,)"*] — 2.3 tanh(1.17 log,M)

sonic. Thus, the solutions to the flow regime for a gas-
particle mixture can be computed using the method of
characteristics.’4%

Typical assumptions in these analyses are 1) the particles
are spherical and of a specified size or sizes with a uniform
internal temperature; 2) particles do not interact with each
other and aré of negligible volume; 3) total gas-particle mix-
ture mass and energy are constant, and thermal energy is
transferred by convection only; and 4) external forces, ex-
cept gas pressure and particle drag, are negligible, and initial
kinetic lags exist. Gas and particle specific heats are gen-
erally treated as being constant and have a value averaged
for a two-phase medium.¥49% 1t should be emphasized,
however, that the accuracy of predicting nozzle performance
with a two-phase medium is dependent not only on accurate
solutions to the flow equations but also on the characteristics
of the particles.

Particle characteristies that must be known or assumed to
integrate the two-phase flow equations include particle
shape, size, size distribution, and drag and heat transfer
(Nusselt number) coefficients. The logarithmic normal size
distributions used by Kliegel® remain consistent with the
findings of many recent investigations.! Particle size mea-
surements,® 92 as made by direct sampling of the exhaust
products and by optical in situ techniques, have been reported
as functions of several variables, among which are chamber
pressure, metal concentration, motor residence, thrust level,
and motor size. Regarding the latter the expression

D, = 3.25Dt(0.52—0.56><10‘2DH—0.35X10'4D51) (37)

Table 2 Nusselt numbers for spherical particles

Semiempirical expressions Ref.
Nu = 2.3Re*" 4 0.04Re
Nu = 2 4 0.370Re P18 95
Nu = 2 + 0.459Re0-55Pr1/3 44
Nyl
A'u _ Nu 96

1 4 3.42(M)/(RePr)Nu'®
2 5 0,53 [2,.0,33

Nu =2 -+ 0.459Re%% Py ; B : 33
1 + 3.42(M/RePr)(2 + 0.459R0-5Py0.53)

Nu©
1 4 2.72(Kn)/ (v"2Pr)Nu®

g
1

M -
2 0.654Rel/2Pyr1/2)—1 3.42
[( + 0.654RePr) 1 1. Rem]

for particle diameter (D,, u) as a function of throat diameter
(D, in.) was derived for D, < 90 from data supplied by
Beckman.® This expression is based on a curve fit of data
obtained from firings of motors ranging in size from several
inches up to 260 in. in diameter and includes a variety of
propellant formulations. In a recent review,® Crowe and
Willoughby concluded that residence time is the principal
independent variable. Cheung and Cohen?? depicted par-
ticle volume mean diameter as a function of residence time
but also indicate that chamber pressure must be considered
{see Fig. 13).

Numerous mathematical models have been developed to
describe particle growth but have not been incorporated
in state-of-the-art two-phase nozzle performance programs.
From experimental data, as summarized in Ref. 1, various
semiempirical relationships have been suggested for the ex-
pression of particle drag coefficient, Table 1, and Nusselt
number, Table 2. All investigations have been conducted
under the assumption that the particles are spherical. The
Reynolds number is based on the particle-gas lag veloeity
increment. Recent works by Crowe et al.?® and Carlson
and Hoglund® indicate that particles encounter the complete
gamut of flow regimes from continuum to free-molecule
flow. Semiempirical expressions for particle drag over
these regimes are developed in the referenced reports#4.88.83-%
along with Kliegel’s expression® which corrects for slip flow.

Recombination Losses

Idealized motor performance prediction thermochemistry
programs typically assume chemical reactions to be either
“frozen” or in “shifting” equilibrium with the gas flow pro-
cess. In frozen flow predictions, the composition does not
change during the expansion, but phase equilibrium is ob-
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tained. In shifting equilibrium flow predictions, it is as-
sumed that the chemical reaction rates are so fast that chemi-
cal equilibrium occurs continually as T and P drop during
the expansion.” Equilibrium predictions provide an upper
bound for theorctical performance. The programs prepared
by Zeleznik and Gordon®®* are typical of those used in pre-
dicting frozen and equilibrium performance.

Real flow falls between the foregoing two extremes. Two
basic types of finite-rate performance loss calculation tech-
niques have been developed?? to account for these losses.
The first, an exact method, performs step-by-step integra-
tion of equations that describe an arbitrary set of relaxation
or recombination of processes. The enthalpy and composi-
tion of the expanding nonequilibrium gas flow can be found
at any point in the nozzle through the solution of these equa-
tions. An example of this type program is the one prepared
by Kliegel et al.** for NASA Manned Space Flight Center.

The second method, an approximate solution, assumes that
the nozzle flow can be divided into three successive regions:
1) equilibrium flow, 2) transition, and 3) frozen flow. Most
approximate methods reduce the transition region to a point,
called the sudden freezing point; this approach is typified
by Bray’s work.%

Boundary-Layer and Heat Losses

Analyses of two-phase flowfields and the determination
of particle trajectories indicate that the boundary layer in
solid-rocket nozzles will be composed primarily of gas with
few particles.® An exception occurs only if the particles
are so very small that they have no channeling tendency or
if the nozzle is very long and the contour permits particle
impact.” Therefore boundary-layer and heat-transfer
analyses are typically made by assuming a gaseous medium
without particles. The boundary layer is assumed to be
turbulent and the solution is normally computed by employ-
ing a simultaneous solution of the integral momentum and
energy equations as described by Elliott, Bartz, and Silver.#®
Examples of boundary-layer momentum and displacement
thicknesses are given in Ref. 43. The influence of boundary-
layer losses has often been neglected when it appears that
viseous drag would not be significant because of the small
surface areas on which viscous forces would act. To estab-
lish the true significance of the boundary-layer and heat
losses, however, each loss must be evaluated with respect to
the required accuracy of the performance prediction for the
particular motor being analyzed.

J. SPACECRAFT

If the subseript ¢ is used to indicate ideal flow in a nozzle
that is unaffected by a boundary layer, and choked conditions
exist at the throat, the difference in thrust coefficient between
an “ideal-flow” motor and a “rcal” motor can be expressed as

(8 = ! i ¥ = vy (;’) +

P;— P . pu? As
— sina + ——— C; COSOI) d (*) (38)
an/At< P. 2Py 4

where = stream thrust/flow area = P 4 pu?/g. = P(1 +
vIM?), A, is the local exit cone surface area, C; is the skin-
friction coefficient for the nozzle walls, and « is the local
nozzle half-angle. The final term in (38) treats the effect
of changes in nozzle wall pressure due to effective displace-
ment of the flow boundaries and local heat transfer.

Convective heat flux distributions are predicted using
heat-transfer coefficients as determined from the boundary-
layer analysis and from the gasdynamics analysis of the local
exhaust flowfield radiant heat flux®

G = hlTow ~ Tw) + &a(T* — Tub (39)

The ¢ distribution is integrated over A, for the action time of
the motor. Thermal energy is then converted to an incre-
mental specifie impulse loss

Al = [2JQ(L — To/Te) /g WV o' (40)

Flow Separation

When P, < P,, flow separation (Fig. 14) may occur. The
result is an inerease in nozzle surface pressure and a corre-
sponding gain in thrust. Separation is often encountered in
sea-level static tests of high-altitude (high-expansion ratio)
nozzles. To account for the contribution to delivered per-
formance, thrust coefficient is expressed as

CFtocal = (Olf')upstream of separation -+
(ACF) downstream of separation ™ (Pa/[Pc)ee (41)

Many empirieal values have been used for the pres-
sure and Mach number ratios at which flow separation
occurs.’8,88.10-107 A general expression, determined by
Kalt and Badal, ' relates separation, ambient, and chamber
pressures as

Pi/P, = 0.667(P,/P.)°* (42)

Thrust developed downstream of the point of separation is
approximated empirically’® by simulating the distribution
depicted in Fig. 14;

(ACF): = [0.55(P: + Po.os)(e0.0s — €) +
0.975P,(e. — €.95)]/P. (43)
where
€05 — € = 0.417(e; — 1) if €; < 0.377 + 0.623¢,
.05 — € = 0.69(e. — €;) if e; > 0.377 + 0.623e.

As less data are available for contoured nozzles, no general-
ized expressions have been developed although limited
studies have been conducted.1.18

Conclusion

Mathematical modeling techniques used to simulate the
internal flowfields existing in solid-rocket combustion cham-
bers are reasonably good for steady-state and transient flow
conditions. Improvement could be accomplished by em-
ploying two-dimensional flow analyses. 'The uncertainties
associated with the prediction of the response of burning
front progress to such phenomena as mass flux, spin, un-
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symmetrical thermal gradients, and high-pressure transients
appear to require first consideration, although solutions to
some or all of these uncertainties would be improved by two-
dimensional analyses. Ballistic evaluation motor tests
duplicating the augmentation environments further enhance
full-scale motor performance predictions.

A considerable quantity of motor and nozzle efficiency data
has been accumulated by the industry for contemporary de-
signs. This information and experience has made it feasible
to adjust theoretical specific impulse and thrust coefficient
values and to predict rather accurately the performance
of new but similar motor designs. Proven detailed analytical
techniques are available for predicting deliverable specific
impulse and nozzle performance. These account for the
major contributing factors to the momentum losses en-
countered in solid rocket motors. Finally, the practice of
scaling specific impulse demonstrated in a ballistic evaluation
motor to that to be delivered by a full-scale propulsion
system has proven satisfactory in performance predictions.
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Astrionies Selection and Operation on Interplanetary Missions

Ervis ¥, Hirr* Anp Frep G. REAT
Battelle Memorial Institute, Columbus, Ohio

Selection of astrionics subsystems for automated spacecraft designed for interplanetary
missions is accomplished using evaluation techniques which consider mission requirements,
mission event schedules, and spacecraft design characteristics. These techniques provide a
measure of astrionics system performance, aid in evaluation of competitive subsystems and
in the preliminary design of conceptual subsystems, and are used in determination of the
effectiveness of specific navigation updating and midcourse correction schedules. - Using com-
puter programs implementing these techniques, various astrionic systems were evaluated on
alternate mission schedules for a Jupiter flyby mission. Results illustrate the usefulness of
the techniques for selection of astrionics configurations, and evaluation of mission operation
schedules which consider subsystem operation times, navigation updating with Kalman
filtered measurements from Earth-based radars and onboard electro-optical sensors, and mid-

course correction schedules.

Nomenclature

Dy, Dy = degrees of freedom of the target miss and mid-
course AV covariances, respectively

Ppa = probability of mission failure attributable to the
astrionics system

Prr = probability of failure attributable to lack of
astrionics reliability

Prr = probability of excessive target miss

Ppy = probability of failure due to having insufficient
midcourse fuel

Prob (¢,D) = probability a vector’s magnitude will exceed ¢
times the square root of the trace of its co-
variance matrix

W ac = welght of attitude control subsystem
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War = weight of astrionics hardware (inertial sensing
unit, computer, communications, and electro-
optical components)

War = Wac + Wan + Wov + Wgs

Wpv = weight of midcourse correction subsystem

Wgrs = weight of electrical energy source

AV = midcourse correction velocity vector

¥(P,D) = inverse function of Prob (¢,D)

Introduction

HE complexity and cost of astrionics for automated

spaceecraft and launch vehicles requires careful evaluation
prior to committing major expenditure of funds for new pro-
grams. Techniques developed for evaluation of strapdown
guidance systems! are extended to permit evaluation of aided
inertial guidance systems and subsequently the complete
astrionies. It is assumed that the principal astrionics sub-
systems are located above the last powered launch vehicle
stage. This approach includes the weight of the astrionics
in the final injected payload weight. Therefore, the astrionies
can be considered to provide all navigation, guidance, and
control functions for the launch vehicle and spacecraft (as is
done for the mission under consideration), or for the launch



